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BOUNDARY LAYER

CONTACT SURFACE

Real Gas Effects on Shock-Tube
Flow Nonuniformity

LAURENCE N. CONNOR JR.* AND ROLF P. ANDERSENt
University of South Carolina, Columbia, S.C.

AN understanding of flow nonuniformity is necessary for
-£TL meaningful shock-tube testing. One important source
of flow nonuniformity is the boundary-layer build-up near
the shock-tube wall. The experiments of Duff1 showed that
the shock and contact surfaces approach a limiting separation
distance and that the density increases significantly between
shock and contact surfaces. This behavior was described
analytically by the work of Roshko2 and Mirels.3'4 Refer-
ence 4 presents calculated results based on an ideal gas for
a range of shock Mach numbers. Bertin5 analyzed boundary-
layer induced property variations in a circular shock tube
for equilibrium real air operation at shock Mach numbers up
to 9.5. Both papers indicate a definite decrease in flow non-
uniformity with increase in Mach number.

The present work was undertaken to determine the effect
of real gas behavior on flow nonuniformity over a range of
Mach numbers. Real gas effects increase with increasing
shock Mach number. Physical considerations indicate that
the phenomena of dissociation and vibrational excitation
would tend to lessen flow nonuniformity. To predict the
magnitude of this lessening as a function of shock Mach
numbers, the method of Ref. 4 was extended to include real
gas effects. Equilibrium flow was considered over a range
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ACTUAL FLOW

EQUIVALENT INVISCID CHANNEL FLOW

Fig. 1 Actual and equivalent inviscid channel representa-
tion of flow in fixed shock coordinates.

of Mach numbers. The concept of an equivalent inviscid
channel (as described in Ref. 4 and illustrated in Fig. 1) was
used for all cases. With the assumption of laminar flow,
the channel area can be described by the equation

A2s/A2 = i - (1)
where AIS = cross-sectional area of the channel at the shock
front, A 2 = cross-sectional area at distance I behind the shock,
I = distance behind the shock, lm = maximum separa-
tion distance between the shock and the contact surface.
Calculated results based on such an inviscid channel and
presented in Ref. 4 give the variation in flow properties be-
tween the shock and contact surface for a laminar boundary
layer in an ideal gas. These results are compared to the real
gas calculations of the present investigation.

The "ideal dissociating gas" model of Lighthill6 was used
to represent nitrogen in chemical equilibrium for conditions
at which dissociation occurs. The accurate range of ap-
proximation using this model has a lower limit due to its
assumptions regarding vibrational energy and an upper limit
imposed by the neglecting of excited electronic states. To
obtain reasonably accurate representation using this model,
calculations were restricted to shock Mach numbers from
10 to 20.

The assumption of chemical equilibrium is valid provided
the length of the relaxation zone X behind the normal shock
is small compared to the maximum separation distance be-
tween the shock and the contact surface. Experimental
values for the relaxation length in shock-heated nitrogen
were found by Alien, Keck, and Camm7 for initial pressures
of 1, 3, and 10 mm of mercury and shock Mach numbers in
the range considered in the present work. The values of lm
can be obtained using the results of Ref. 3. Comparison of
the values of X and lm for an initial pressure of one millimeter
of mercury show that for Mach number of 20 in a 4-in.-diam
shock tube, the relaxation zone length is less than one percent
of lm. For a Mach number of 15 the relaxation zone occupies
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Fig. 2 Pressure variation between shock and contact sur-
face for a shock Mach number of 20 in nitrogen.

approximately 6% of the test region. The influence of the
relaxation zone increases as the initial pressure or shock
Mach number decreases or the shock-tube diameter decreases.
For the Mach number and pressure range considered in this
paper, the equilibrium assumption appears valid except for
the possible exception of the low-pressure, low Mach number
range near PQ = 1 mm Hg, M = 10.

A shock velocity and initial conditions of the undisturbed
gas were assumed to start each calculation. Conditions
immediately behind the shock were found by using an itera-
tive scheme involving the conservation equations and the
property relations of an "ideal dissociating gas." Com-
position and thermodynamic properties of the ideal dissoci-
ating gas are related by the following expressions:

V(1 - 10 = exp(T/TD), P = pRT(l + y)

h = (4 + y)RT + UPy
(2)

where y = mass fraction of atomic nitrogen and pz>, TD, UD =

"2s

and

T
T2s

1.06-

1.0k-
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Fig. 4 Maximum variation in temperature and pressure
between shock and contact surface as a function of Mach

number.

characteristic parameters of an ideal dissociating gas. Flow-
in the region between the shock and the contact surface was
calculated using the continuity equation

the energy equation,

the area relationship [Eq. (1)] and the condition of constant
entropy along the channel. This last condition required
the use of the expression for entropy of an ideal dissociating
gas which takes the form

S = 3 logT + y(l-2

Fig. 3 Temperature variation between shock and contact
surface for a shock Mach number of 20 in nitrogen.

- (1 - y) log(l - y) -
(1 + y) logp + const (5)

Solutions were obtained at regular intervals between the
shock and contact surface for a range of shock Mach numbers
from 10 to 20 and initial pressures of 1 and 50 mm of mer-
cury. Nonuniformity in temperature and pressure pre-
dicted by the real gas model is compared to the ideal gas
results for a shock Mach number of 20 in Figs. 2 and 3.
For this Mach number it is apparent that the calculated
flow nonuniformity is substantially reduced by inclusion of
dissociation effects. It is also of interest to determine the
variation of flow nonuniformity with Mach numbers for the
real gas model. This behavior is displayed and compared
to the ideal gas results in Fig. 4. For the real gas the flow
nonuniformity continues to decrease as Mach number in-
creases. The ideal gas calculations predicted very little
change in degree of nonuniformity between shock Mach
numbers of 10 and 20. The calculated results indicate, as
might be expected, that as the shock Mach number increases
to high values, the process of dissociation acts as an energy
sink to lower the gas temperature and lessen the flow
nonuniformity.
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EQUIVALENT AMPLITUDES OF TRANSDUCER MOTION
•-*-»-• PITCHING OSCILLATION
°-*-*~° LONGITUDINAL OSCILLATION

Fig. 1 Determination of equivalent amplitude of longi-
tudinal oscillation; refraction across bow shock wave

neglected.

Effect of Flow Discontinuities on
Oscillatory Pressures Measured in

Supersonic Wind Tunnels

K. J. ORLIK-RUCKEMANN* AND J. G. LABERGEJ
National Aeronautical Establishment, Ottaiva, Canada

IN 1959, Moll0-Christensen and Martuccelli1 pointed out
that surface-pressure measurements on an oscillating

model in a supersonic wind tunnel may be greatly affected
by the presence of possible wind-tunnel flow discontinuities.
They further suggested that this fact may be responsible for
the lack of any published experimental data on supersonic
pressure distributions on oscillating wings. This situation
still exists today. Therefore, it may be appropriate to pre-
sent some new evidence, which indicates that the effect of flow
discontinuities does not always have to be very large, and
which suggests a practical method for assessing the magnitude
of the effect and to determine suitable corrections if any are
required.

Pressure interference associated with tunnel-flow dis-
continuities usually is very small as compared to steady sur-
face pressures, but may become significant when compared to
the much smaller oscillatory surface pressures. This inter-
ference effect is caused primarily by the fact that, in general,
a point on the surface of an oscillating model continuously
changes its location in the wind tunnel. Thus, the measured
surface pressure at that point is a function of both the in-
stantaneous mean flow conditions as given by the attitude
and motion of the model and of any local flow discontinuities
which may be present along the path of the point of measure-
ment. To separate these two effects, an experimental condi-

Table 1 Experimental and theoretical values of oscillatory
pressure ratio PQ3c/Po

Experiment, sidewall
Experiment, topwall
Experiment, topwall
Linear theory
Nonlinear theory

ttmeaa

0.14°
0.30°

-0.94°
0
0

Pose/Pa
Pitching

oscillation
A0 = 1.5°

0.0056
0.0058
0.0053
0.010
0.005

POSC/PO
Longitudinal

oscillation
Ax - 0.019 c

0.0003
0.0001

tion must be found where only one of them is present or else
where they are both present but in a known combination.
The method described here requires a separate experiment
during which the model performs additional oscillation in such
a way that the mean flow conditions remain practically con-
stant while the point of measurement traverses the same flow
discontinuities as those intersected during the primary experi-
ment. In this way, the aerodynamic effect is rendered
negligible and the additional experiment gives only the inter-
ference effect to be determined.

If the primary experiment is an oscillation-in-pitch, the
additional experiment may be a translational oscillation in the
longitudinal directiont of the model, with suitably adjusted
amplitude. If the flow discontinuities are assumed to be
weak enough to propagate as Mach waves (a reasonable as-
sumption in a good wind tunnel) and if the refraction of the
flow discontinuities through the bow shock wave of the model
is neglected, the required amplitude Ax of the longitudinal
oscillation may be obtained from

Ax = a(A0)cotM (A0 « 1) (1)

where ju = sin"1 (1/M) is Mach angle, a is the distance of the
point of measurement from the axis of oscillation and A0 is
the amplitude of the pitching oscillation (see Fig. 1).

The effect on Ax of refraction through a moving bow shock
wave can be shown to be small for relatively weak bow
shocks (e.g., such as on wings with sharp leading edge and
relatively small nose angle) and small amplitudes. For in-
stance, in the present experiments, this effect was of the order
of 5% and could be neglected. In cases where the foregoing
conditions are no longer met, a more detailed calculation of
Ax may be required with refraction taken into account. This
may be particularly important when the effects of flow dis-
continuities are large and irregular and when the point of
measurement is far downstream from the leading edge.

Oscillatory pressure measurements were performed on a
half model of an aspect ratio 3 cropped delta wing with taper
ratio 0.072 and 5% thick biconvex profile in the Mach 1.8
nozzle of the NAE 30-in. X 16-in. suction wind tunnel.
The model was mounted either on the flat sidewall opposite
to the single nozzle wall of the tunnel or on the topwall of the
tunnel. The model was oscillated in pitch with an amplitude
of ±1.5° around an axis 0.45 c behind the wing apex, where
c is the wing root chord. In addition, it was also oscillated
(at slightly different frequency) in longitudinal translation,
with the amplitude determined by means of Eq. (1). The
quantities measured are shown in Fig. 2, where trace 1 is
model deflection in pitch, traces 2 and 3 are oscillatory surface
pressures in pitching and longitudinal oscillations, respectively,
and trace 4 is aerodynamic and electronic noise measured
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t At hypersonic speeds, it may be better to perform the addi-
tional experiment as a slow plunging oscillation, since otherwise
the required amplitude could become impractically large.


